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REsEmc!E ME?4oRANDuM 

AERON.&UTICS- 

A CORRELUION OFAIRFOILSFCTIOND.ATAWI!I!HTEE 

AEBOlXNMECLCUDS~ONA45° 

E%%PTBA~~GMOD~AT SUBSOHIC 

MACH NnMmRs 

By Karold J. WaUrer and William C. Maillard 

An investigation has been made of t<e possibility of correlating 
airfoil section data tith measured pressure distributions' over a 45O 
sweptback wing Fn the Mach number range from 0.30 to 0.95 at a free-stream 
Reynolds number of approximately 2 million. The Wang had an aspect ratio 
of 5.5, a taper ratio of 0.53, NACA 64AOlO sections normal to the quarter- 
chord line, and was mounted on a slender body of revolution. 

At Mach numbers of 0.85 and below, and for wing normal-force coef- 
ficients below the maximum normal-force coefficient for an infinite- 
aspect-ratio ting yawed 45O to the flow (derived from airfoil section 
data by sti-ple sweep relations), good correlation was obtained over most 
of the wing between wing-section and two-d3mensionaLl.-airfoil pressure 
distributions. For greater n&%&--force coefficients lateral boundary- 
layer flow permitted the tiboard wing sections to rise to high maximum 
section normal-force coeffitients. The effectiveness of this lateral 
boundary-lsyer flow disappeared towards the tLp. For all Mach numbers, 
the influence of plan-form effects on the pressure distributions Umited 
the quality of the correlation at the 20- and 95-percent-se&span statlone. 
Above a Mach ntier of about 0.85 the shock waves orig%nating at the 
juncture of the body and the wing trailing edge spread over the span, 
preventing further application of two-dfmensional data. 

The spanwise load distributions at moderate normal-force coefficients 
could be predicted from span-loading theory for the entire Hach number 
range of the tests. 

. 
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INl!FKDUCTION 

It is commonly aasumed in the prediction of wing loading that the 
sections of finite-span wings have essentially the same chordwise load 
distributions as the corresponding profile 3n two-dimensional flow, and 
that the spanwise and chordwise load distributions may be treated inde- 
ped=tly. The validity of these assumptions has been amply confirmed 
in applications to unswept wings at low speeds, (see, e.g., ref. 1). In 
reference 2, span-loading theory and exper53nental two-dimensional section 
data are shown to be applicable to a limited extent at low speeds in pre- 
dicting the spanwise and chordwise load distributions on a 45O swept ving 
of aspect ratio 6. It was thought that this method could be used in the 
prediction of load distributions at high subsonic speed. 

In the present investigation of a model sfmi in configuration to 
that of reference 2, comparisons are made between the chordwise pressure 
distributions for a two-dfmensionsl tirfoil section and those for several 
stations on a 45O sweptback wing to establish limits of Mach number and 
lift coefficient for which satisfactory correlations can be obtained. 
The profile of the two-dimensional. airfoil section em-@oyed and the pro- 
file of the swept ting in planes normal to its quarter&chord line are the 
same. The extent to which present theoretical methods permit the calcu- 
lation of the effecte of finite span on the magn3tudes of the section 
loads is also shown. The variations of the chordwise and spantise load 
distributions with lift coefficient and Mach number beyond the limite 
for good correlation are discussed with regard to the effects of flow 
separation. 
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NOTATION 

aspect ratio 

local chord parallel to plane of symmetry 

wing mean aerodynamLc chord, 
f&=C+Q 
folc d7 

average ting chord, folc dq 

section Mft coefficient, section lift 
qc 
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section IAft-curve slope 

section normal-force coefficfent, norm&force 
w 

body-induced increment of section Lift-curve slope 

local center of pressure 

*a33 drag coefficient, - 
SS 

lut lift coefficient, - 
SS 

IiTt-curve slope 

pftching-mrsment coefficient about quarter-chord potit of mean 

aerodynamic chord, 
pitch- moment 

CL% 

normal force 
normal-force coefficient, 

@ 

normal-force-curve slope 

free-stream Mach number 

free-stream static pressure 

local static pressure 

pressure coefficient, 
Pz - P 

Q 

lower-surface pressure coefficient mlznzs upper-surface pressure 
coefficient 

local critfcal pressure coefficient 

free-stream dynszxic pressure 
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body radius 
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longitudinal coordinate 

lateral Coordinates 

angle of attack 
_ - : 

local section angle of attack, &asw& parallel to plane of 
symmetry . 

uncorrected angle of attack 

Y fraction of semispan, ';; 

sweep angle of wing quarter-chord line 

L 

-_ 

Subscript 
. - 

A yawed flow 

APPARATUS, TESTS, AND COFEIECTICNS 

The model used in this investigation consisted of a sieel sweptback 
wing mounted on a slender-body of revolution as shown in figures 1 and 2. 
The wing had 45’ of sweepback at the quarter-chord tie, was unttisted, 
and had an aspect ratio of 5.5, a taper ratfo of 0.53, and NACA 64AOlO 
airfoil sectfons In plqzes perpendicular to the quarter-chord line. Five 
rows of upper- and lower-surfxe static-pressure orffices (identified in 
figure 1 by the location of their intersections with the quarter-chord 
line) were employed to measure the loads on the ting. The three rows of 

.- 
_ 

. 
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orifices near the ting mid-semispan were placed perpendicular to the 
quarter-chord line (as in ref. 2) with the expectation that this region 
of the wing, in accordance tith the theory of sweep (refs. 3 and 4), 
would behave as a yawed infinite wing. 

In order to show more clearly the three-dimensional influence on the 
loadings near the root and tip, the rows of ori$ices Fn these regions were 
oriented parallel to the free-stream direction. The body contained a 
row of upper- and lower-surface orifices which extended a short distance 
beyond the region of,the wing-body juncture in the vertical plane of 
symmetry of the model. 

The pressure distribution and the lift, drag, and pitching moment 
for this swept-wing model were measured in the Ames l&foot high-speed 
wind tunnel at Mach numbers from 0.50 to 0.95 and angles of attack from 
-lo to a nu3&mum of approximately 20°. For these tests the Reynolds num- 
bers based on the mean aerodynamk chord and the free-stream Mach number 
varied from 1.9 to 2.5 million, as shown in figure 3(a). Also shown in 
figure 3(a) fs a plot of the variation tith free-stream Mach number of 
the Reynolds number based on the component of the free-stream velocity 
perpendicular to the quarter-chord lkte and on the chord perpendicular to 
the quarter-chord line at the intersection of the mean~~rodynsmic chord 
and the quarter-chord Une. 

Two-dimensional pressure-distribution data for use in the correla- 
tions were obtained in the Ames I- by 3-l/2-foot high-speed w%nd tunnel 
at Mach numbers from-O.30 to 0.70. These tests were made at three Reynolds a numbers to encompass the variation in Reynolds number from root to tip of 
the tapered swept wing. Two of the models were of constant 3- and 6-tich 
chord i3nd NACA 64~010 profile. The third model consisted of one panel of 
the swept wing mounted with its quarter-chord line perpendicular to the 
free stream. C&y the orifices at the 6C-percent-semispan station 
(4.40-inch chord) were used in this test. All three models s-panned the 
l-foot dimension of the tunnel. The variation of Reynolds number with 
Mach number for these models is shown in figure 3(b). Examination of the 
pressure distributions for these three models indfcated no signiffcant 
variation with Reynolds number; hence, only the distributions for the 
g-inch-chord model (reported fn ref. 5) are used in the comparisons which 
follow. 

All the data presented have been corrected for the effects of Mnd- 
tunnel-wall interference by the methods of references 6, 7, and 8. 

'On a yawed infinite wing the orientation of the reference chord 
along which the orifices are located has no effect on the pressure dis- 
tribution. Taper, however, introduces a small percentagewise variation 
in the location of the pressure orifices depending on the reference chord 
used. This variation has been neglected in the folla discussion. 
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METKOD OFAIWXSIs b 

En studying wing loadings it is convenient to consider separately 
the chordwise distribution of load and the magnitude of the section loads. 
Accordingly, the measured chordwise pressure distributions for the wing 
are compared at equal normal-force coefficients with the pressure dlstri- 
butions obtained from two-dimensional tests so as to show the correlation 
between the two- and three-dimensional pressure distributions without 
involting the accuracy of a span-loading theory. Following this chordwise- 
loading phase of the analysis, comparisons are made between measured sec- 
tion normal-force-curve slopes and calculated section lift-curve slopes, 
between measured and calculated span load distributions, and between meas- 
ured and calculated wing-plus-body lift-curve slopes, to determine the 
extent to which the magnitudes of the section loads can be calculated. 

According to the theory of sweep for the flow over a yawed infinite 
wing, only the component of the free-stream velocity in a plane perpen- .-. I: 
dicular to the leading edge is effective in producing lift (see ref. 3). 
Thus, the yawed infFnite wing should have a pressure distribution like I 
that of an unyawed infinite wing, provided that the Mach number, Reynolds 
number, aIrfoF1 section, and normal-force coefficient a.Jl perpendicular 
to the leading edge are the same in both cases. -The pressure coefficients l 

and normal-force coefficients for-a yawed wing, however, are usually based * 
on the free-stream velocity and consequently differ from the corresponding _-- 
coefficients for an unyawed wing for which the coefficients are based on 
the velocity perpendicular to the leading edge. Accordingly, in the cor- 
relations which follow, two-dimensional pressure distributions (infinite- 
aspect-ratio, zero-sweep wing) are converted to those expected on a yawed 
infinite-aspect-ratio wing. The steps em2lqed in this conversion are aa 
follows : First, the section normal-force coefficient for the yawed wing, 
Cn*, is used in the following expression to Mnd the appropriate two- 
dimensional normal-force coefficient, cnhZo 

%I 
cnAzO =-- 

coe2A 

Then the two-dimensional pressure coefficients, PhZo, for this normal- 
force coefficient are determined for a Mach number governed by 

MA=0 = qcos A 
_ _- - 

These pressure-coefficient values -then must be converted to the reference- 
dynamic pressure for the yawed wing by the relatfon 

P* = P*=ocos2A - 

v!!!l!Esd 
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The above expression indics.tes that a yawed infinite wing should 
reach a rwximm normal-force coefficient given by , 

( > %ax *zocos2A - 

In the subsequent comparisons , pressure distributions for the yawed 
infin%te wing are obtained.from two-dlmensionsl-airfoil section data (des- 
ignated experimental Lnfinite wing) and from theoretical two-dimensional- 
airfoil pressure distributions (designated theoretical infinfte wing). 
The theoretical pressure distributions were obtained by the method. of 
velocity superposition described in reference 9, using the values from 
reference 10 and including the Prandtl-Glauert correctfon for the effect 
of compressibility. 

P 

kren at those stations where the orffices were locsted streamwise, 
both the theoretical and experimental two-dimensional pressure distribu- 
tfons were converted to yawed flow before comparison with the values for 
the finite ~5ng.~ 

The section lift curves expected for a yawed infinite wing are 
'obtained frcm two-dimensional section lift curves by suitably adjusting 
the lift-coefficient and angle-of-attack scales. The lift-coefficient . 
scale is changed to .account for the difference between the veloci-Q in 
the free-stream direction and in the plane normal to the leading edge. 
The angle-of-attack scale is changed to account for the difference between 
the angle of attack measured from the free-stream dIrection and the angle 
of &t-tack measured from the direction of the component of the free-stream 
velocity perpendicular to theleading edge. The changes are made by means 
of the following expressions: 

aA = aAsps A 

cz cos2A 
A = czAco 

Finally, in order to account for the effects of finite aspect ratio, the 
angle-of-attack scales of the section lift cFves for the yawed infinite- 
aspect-ratio xing were stretched sli@tly so that these lift-curve slopes 

=As was potited out earlier, in the absence of end effects, on a 
swept wing tith only slight taper it makes little aieference whether the 
0rifFces are located. along a streams&se section or along one perpendicular 
to the quarter-chord line. However, the predicted yawed-infinite-wing 
pressure distributions obtained from two-dimensional data must be taken 
for the section, Mach number, and normsI-force coefficient perpendicular 

d to the quoter-chord Une or they are of little value. 
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at zero lift matched.the local slopes calculated from span-loading theory 
for the finite-aspect-rat3.o swept wing. The section lift-curve slopes 
for the finite-aspect-retio swept wing, circc, were obtained from the cal- 
culated values of sp& loading coefficient, (cZc)/(CLcav), end wing-body 
lift-curve slope, Ck, using the follow&q-expression: 

cza. = %(%) (gi) 

Both the lift-curve slope snd the span loading coefficients for the 
wing alone were calculated by the method of reference Il. Appendlxes A 
end B give the details of how these calculated values were modified to 
include the effects of the presence of the body and of aeroelasticity on 
the wing loading. 

REmTS AND DISCUSSION 

The discussion of the results of this investigation is divided into 
three parts. The first ps& is concerned with the correlation between the 
distributions of chordwise pressure obtained on the swept-wing model and 
those expected on sr-infinite-aspect-ratio wing yawed at the sweep angle 
of the finite wing end operating at the same section lift coefficient. 
The second part of the discussion treats the accuracy with which the mag- 
nitudes of the section loads can be predicted. Thrs involves predicting 
the section lift-curve slopes, the spanwise load distribution, and the- 
wing-plus-body lift-curve slope. The third pert of the discussion deals 
with the wing-plus-body lift, dreg, snd pitching-mment characteristics. 

The measured surface pressures are presented in tabular form as 
pressure coefficients. Table I is 811 index to these data which are pre- 
sented in tables II through VIII. The pressure coefficients for the ori- 
fices along the body ere included Fn these tables but are not used in the 
discussion that follows. 

Correlation of Chordwise Pressure Distributions 

Subcritical Mach number range.- In figure 4 the pressure distribu- 
tions for five semispen ststione of the swept wing are compared with those 
for a yawed infinite wing st s representative subcritical Mach number of 
0.70 end for normal-force coefficients between 0.2 snd 0.8. The pressure 
distributions designated finite wing are those which were measured on the 

a 

3 
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swept wing, while those designated infinite-wing experiment or infinite- 
wing theory are those to be expected on a yawed infinite-aspect-ratio 
wing using, respectively, experimental two-dimensional or theoretical 
two-dimensional pressure distributions'as described previously in the 
Method of Analysis section. The critical pressure coefficients shown In 
figure 4 (as well as the calculated stagnation pressure coefficients used 
to aid in fairing the ffnite-wing pressure distributions) were obtained 
from expressions given Fn reference 4, assuming that the isobars are 
swept 450. Also ticluded in fLgure 4 are sketches of the upper-surface 
isobars to aid in tisualfzing the pressure distribution over the w5ng. 

At normal-force coefficients of 0.203 (fig. 4(a)) and 0.363 
(fig- 4(b)), th e correlation between the pressure distributions for the 
finite- and infinite-span Wings at the 40-, 60-, and 8o-percent-sex&span 
stations is good. At the 20-percent-se&spa station the loading is 
shifted slightly rearward with respect to that for the infinite tig, 
while at the $?5-percent-semispan station the loading is shifted forward. 
These shLfts in loading, sometimes referred to as fnduced camber, sre 
typical of swept wTngs and have been treated by Kuchemann (ref. 12) and 
Falkner (ref. 13). 

For normal-force coefficients slightly greater than 0.36, the finite- 
wing pressure distributions begin to show evid.ence of local flow separation 
(starting near the leaafng edge) which prevents further good correlation. 
However, at the 20-percent-s&span station the measured pressure dfs- 
tributions for normal-force coefficients of 0.495 (fig. 4(c)), 0.564 
(fig. 4(d)), and 0.639 (fig. 4(e)) are ti fair agreement with theoretical 
yawed-infinite-wing pressure distributions. The experimental (but not the 
theoretical) infinite Wang reaches a max&um section normal-force coeffi- 
cient of about 0.38. Thus, there are no experimental fnfinite-wing pres- 
sure distributions available for the swept-wing section normal-force 
coefficients shown in figures 4(c) through 4(h). Eere the experimental 
infinite-wing pressure distributions shown are for art angle of attack 
Slightly greater than the angle for maximum normal-force coefficient, 

The NACA 64AO10 airfoil section was described Fn reference 14 as the 
type in which the flow separated near the leading edge but reattached 
farther back, causing partial recovery of the free-stream pressure beyond 
the point of reattachment. It is expected that on a yawed infinite wing 
the flow would separate in the same manner, leatig a tube of secondary 
flow in which the air moves spanwise. At the tip of a finite-aspect- 
ratio wing this tube of secondary flow would spread out chordwise and 

- . spfll off the trailing edge of the wing. Such an effect has been fre- 
quently observed experimentally on swept wfngs tith relatively sharp 
leading edges, and is sometimes designated leading-edge-vortex flow (see 
ref. 15). 

The pressure distrLbutions for a normal-force coefficient of 0.493 
which is above the experimental infinTte wFng ctmax, (fig. 4(c)) Indicate 
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that there is one leading-edge vortex, originating at the inboard sections r 
and swe,eping off the wing beyond the 60-percent-semispan station, followed 
by a second leading-edge-vortex beginning near the 60-percent-s&span . ,:I 
station. At higher normal-force coefficients there is also evidence of 
two leading-edge vortices. The possibility of more than one leading-edge 
vortex on the same wing panel ks strongly indicated in boundary-layer 
studies reported in reference 16. 

The pressure distributions for the finite wing at Mach number 0.70 
are summarized in figure 5 (including several angles of attack not shown 
in figure 4). Those designated by I!$ show no evidence of flow separation, 
those designated S sh& evidence of extensive flow separation, whereas 
the undesignated intermediate distributions in general show evedence of 
leading-edge-vortex-type flow. The heavy solid line is the boundary below 
which all the local normal-force coefficients are less than the maximum 
normal-force coefficient for the experimental yawed infinite wing. Beyond 
this line, of course ,-experimental two-dimensional loadings cannot be used 
to predict the loading on the finite wing. However,.in some cases, the 
theoretical infinite-wing pressure distributions give good correlation to 
higher normal-force coefficients, as was shown in figure 4. The heavy 
dotted line in figure 5 gives the 1Lmit of good corkelation (protided that 
theoretical infinfte-wing pressure distributions are used for normal-force 
coefficients at which the experimental ihfinite-wing preesure distribu- 
tions do not exist). It should be noted that the above boundaries indi- 
cated by the two heavy ltiee nearly coincide with the first indications 
of flow separation at the.40-, 60-, and 80-percent-semiepsn stations. 

Critical Mach number range.- Correlation of the pressure distributions 
at a Mach number of 0.85 is shown in figure 6 for normal-force coefficients 
between 0.18 snd 0.72. It can be seen that the critical pressure coeffi- 
cient is attained at a wing normal-force coefficient of about 0.18. The 
pressure distributions at this Mach number still show the same trends as 
those at Mach number 0.70. For normal-force coefficients of 0.184 and 
0.339, the correlation between the Finite- and finite-span distributions 
at the 40-, 60-, and.80-percent-semispan stations is good. The isobars 
and finite-wing pressure distributions at normal-force coefficients of 

-- 0.605, 0.691, and 0.724 show evidence of one or two leading-edge vortices. 
The correlation at the 20- snd 95-percent-s&span stations is poor at 
all the normal-force coeffitiients shown in figure- 6. In terns of pressure 
distribution, the prLme reason for the poor correlation at the 20-percent- 
semispan station is the presence of a hump in the pressure distribution 
over the rear portion of the section (not present at the lower Mach 
numbers). For lift coefficients low enough so that shock waves are not 
present over the rear part of the chord, theexistance of this hump is 
qualitatively explained by a combination of two effects: firet,the varia- - 
tion of the zero-lift-pressure distributionwith Mach number as discussed 
by R. T. Jones in reference 17 for aharp-edged airfoils and, second, the 
rearward shift in the-distribution of additional lift due to the increase 
in induced camber with Mach number. 
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Since the isobars curve considerably in some areas, the value shoxn 
for the critical pressure coefficient is only approximate. At the 20- 
percent-semispan station for normal-force coefficients of 0.60=j, 0.691, 
and 0.724, the sweep of the isobars near the leading edge is greater than 
45O; thus, the critical pressure coefficient should be more negative than 
shown, whereas over the rear of the chord the reverse is true. Therefore, 
the upper-surface pressure rises through the critical value twice. 

The pressure distributions for Mach number 0.85 are prized in 
figure 7 (including several angles of attack not shown in figure 6). It 
is seen that correlation (broken line) is never good at the 20- and B- 
percent-semispan stations, while correlation is good up to the limit of 
the experimental two-dimensional data (solid line) at the intermediate 
stations. 

Supercritical Mach number range.- Figure 8 shows the isobars and the 
correlation of the pressure distributions for the extensive supercritical 
flow at Mach number 0.95. There is no correlation at any of the stations 
between the pressure distributions for the finite wing and those measured 
for the infinite wing. The humping of the pressure distribution at the 
20-percent-semispan stition has increased with Mach number and has spread 
outboard to approximately the 60-percent-semisp station. The cloee 
grouping of the isobars at all the normal-force coefficients shown in 
figure 8 indicates that a shock extends out-from the juncture of the body 
with the wing traqtig edge. The finite-wing pressure distributions shown 
in figure 8, together with those far several intermediate values of angles 
of attack, are summar izedin figure 9. This a- of pressure distri- 
butions at Mach number 0.5 shows no region of good correlation in con- 
trast to the corresponding 8m ies at Mach numbers 0.70 and 0.85 (figs. 5 
and 7). 

Limits for good correlation.- The experimental pressure distributions 
are summarized in figure 10 for each of the five stations on the wing at 
seven Mach numbers between 0.50 and 0.95 to show the variation with Mach 
number of the boundaries shown previously in the summary plots for Mach 
numbers 0.70, 0.85, and 0.95. It is of interest to note in figure 10 that 
the limit of good prediction, the yawed infinite wing cnmax, and the 
first indications of flow separation nearly coincide at the 40-, 60-, and 
80-percent-aemispan stations. That is, the swept-wing pressure distribu- 
tions for normal-force coefficients below the &mum for the experimental 
yawed infinite wing are in good agreement with the two-dimensional distri- 
butions except near the root and tips. In general, above this maximum 
the pressure distributions show evidence of lesding-edge vortices. Since 
the leading-edge vortex is small in extent at the inboard stations, the 
limit for good correlation (with the theoretical pressure distributions) 
at the 20-percent-semispsn station extends well above the maximum normal- 
force coefficient for the experimental yawed infinite wing at Mach num- 
bers below 0.80. However, the root and tip effects spread rapidly with 
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increasing Mach.nwnber; :: and 95-percent-semispan 
intermediate stations. 

h.wce, the limits for good correlation at the 20- 
stdxkxs OC&I% at--i??-w&r-M&&numbers than at the .- 

At the higher subsonic Mach numbers, a shock wave originating at the 
juncture of the wing trailing edge and the body spreads over most of the 
wing, thus precluding .further use-of two-.dJmen,sicmal-airfoil section data. 
Since this shock wave will be present until the trailing edge becomes 
supersonic (this occurs at a Mach number of 1.30 for the configuration of 
the present report), it is expected that its initial appearance marks the 
Mach number limit at which two-dimensional data can be expected to give 
gocd correlation. 

Correlation of Magnitudes of Section Loads 

The magnitudes of the section loads for the swept wing as given by 
the experimental section normal-force curves obtained from integrated 
pressure distributions are shown by the solid line in figure XL. The 
dashed curves are the section lift curves s obtained using experimental 
two-dimensional lift curves and the calculated section lift-curve slopes 
in the manner described in the Method of Analysis section. The peaks of 
the dashed lift curves do not match those of the ex&rime&al normal-force 

m .- 

. 

curves , but the calculated and experimental slopes at zero lift match i 
quite well for Mach numbers below 0.85. For a Mach number of 0.85, the 
calculated slopes underestimate the measured slopes at zero lift by an 
amount which is approximately the same for all stations. With increasing 
Mach number, this difference between calculated and measured slopes becomes 
greater, but at a given Mach number it remains nearly constant across the 
span. This means that in terms of wing-body lift coefficient the magni- .-- 
tude of the section loads can be predicted quite well, as will be seen 
again in the plots of span load distribution. However, the prediction of 
wing-body lift-curve slope will be poor at the higher Mach numbers. 

The maxjmum lift coefficients of the two-d.Lmensional data are of 
value in determining the maximum section normal-force coefficients near 
the tip as well as the limiting normal-force.coeffItient for good corre- 
lation of chordwise pressure distributions. This was shown previously in 
the present report and in reference 2. The considerable increase in msx- 
imum normal-force coefficient Loward the xLng root is attributed mainly 
to the lateral flow in the boundary layer both inside and outside of the 
leading-edge vortex whichacts to. remove the low-energy air fram the 
inboard wing sections- The influence of this lateral flow decreases 
from root to tip. 

?Phe measured curves in figure Ll are normal-for&e curves rather 
than liftcurves. For the angles of attack involved., it is believed that 
the difference between normal force and lift is insignifidant. 

-P--- 

-- ._ 
.-i 
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Ln figure ll the qerimental swest-wing section centers of pressure 
are also compared with 6he experiment& yawed-infinite-wing centers of 
pressure.* The magnitude of the induced camber effect near the root and 
tips is indicated by the differences shown in the center-of-pressure 
curves. 

In obtaining the span loading coefficients, the method of reference ll 
was used to get the coefficients for the wing alone. The effects of the 
presence of the body and of elastic deformation on the span loading for 
the wing were determined by the meth&s described.in Appendixes A and B 
and are illustrated in figures 12 and 13. The resultant span-loading 
coefficients are seen in figure 14 to be in good agreement with the exper- 
imental results until the loading coefficients at the outer sections begin 
to diminish with increasing angle of attack. This relative loss in load- 
ing at the outer sections occurs at a wing-body lift coefficient slightly 
greater than the yawed-infinite-wing maximum lift coefficient. It is 
accompanied by an inboard shift of the lateral center of load. Thus, for 
this wing at high lift coefficients, theory would underestimate the inboard 
section loads and overestimate the root bending moment. 

Wing-Body Characteristics 

The lift, pitching-moment, and drag characteristics for the wing- 
body model as measured by force tests are shown in figure 15. For all 
the Mach numbers tested, the lift curves rise to values well above the 
yawed-infinite-wing maximum lift coefficient of appromtely 0.38. The 
section normal-force curves of figure ll indicate that the maximum normal- 
force coefficient for the m-percent-semispan station is only slightly 
above that for the yawed infinite wing. The normal-force curves for the 
inboard sections rise to higher maxFnnrms, and have slopes which increase 
with increasing angle of attack. the increase in slope tends to compen- 
sate for the relative loss in lift at the outboard sections, so that the 
wing-body lift curves of figure Q(a) remain nearly linear to lift coef- 
ficients considerably above the maximxmo. for the yawed infinite wing. The 
bending over of the wing-be lift curves, where shown, is gradual, as 
would be ected from the slow rate at which the stall progresses inboard 
with increasing angle of attack. 

Calculated lift-curve slopes for the wing-body combination are shown 
as dashed lines in figure 15(a), and the variation with Mach number of 
the calculated lift-curve slopes is compared with the experimental values 
in figure 16. The method of reference llwas employed to calculate the 

these infinite-wing center-of-pressure curves were obtained by 
adjusting the lift-coefficient scales of these data, using the ~ression 
given in the Method of Analysis section. 
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lift-curve slope for the wing alone. The methods described in Appendixes A 
and B were utilized to include the effects of wing-body interference and 
elastic deformation of the wing. For Mach numbers below 0.80, these cal- 
culations give a fairly good, although low, estimate of the lift-curve 
slope. For Mach numbers above 0.85, however, the calculations underesti- 
mate the lift-curve slope by an increasingly large amount. This was indi- 
cated previously in figure U, where at any one of the higher Mach numbers 
the lift-curve slopes for all the sections were underestimated by about 
the ssme percentage. 

The wing-body pitching-moment curves of figure 15(a), in general, are 
linear up to the yawed-infinite-wing maximum lift coefficient. Above this 
lift coefficient, the pitching-moment curves for the three lowest Mach 
numbers show unstable breaks even though the lift curves are linear to 
higher lift coefficients. -This results because both the increase in 
normal-force-curve .slope with angle of attack at the inboard sections and 
the approach to the maximum section normal-force.coefficient at the out- 
board sections tend to produce more positive pitching moments, rather 
than to compensate for each other as in the lift case. 

For Mach numbers of C.85 and over, the unstable break in the pitching- 
moment curves of figure 15(a) is delayed to a higher value of lift coef- 
ficient than for the lower Mach numbers. Thisbehavior may be explained 
by referring back to figure 11, where the normal-force curves for the 
80-percent-semispan station reach higher ms&qm_val.ues for. Mach number-s 
of 0.85 and over thsnfor Mach numbersbelow 0.85. The abrupt increase 
in the slopes of the normal-force curves near their maximums for the 80- 
and 90-percent-semispan stations at the three highest Mach numbers tends 
to produce the negative shifts seen in the pitching-moment curves. 

.- 
a 

- 

The measured wing-body drag characteristics. are shown by the solid 
line in figure 15(b). A lower bound for the drag, given by the sum of 
the measured drag at zero lift and the calculated induced drag for an 
elliptical span load distribution, is shown by the short dashed line. The 
long dashed line shows the drag expected in the absence of leading-edge 
suction (actually in the absence of any chord force). Below the yawed- 
infinite-wing maximum lift coefficient, about 60 percent of the possible 
leading-edge suction is realized. Above this lift coefficient, the drag 
coefficient increases rapidly as expected since this is approximately the 
lift coefficient at which the first indications of flow sepsration appear. 

CONCLUSIONS 

From the foregoing comparisons 
spanwise load distributions for the 
predicted fram two-dimensional data 
conclusions may be drawn: 

of the experimental chordwise and 
45O sue&back wing model with those 
and~span-loading theory, the follo$ng 

s -- 

.- 
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1. Airfoil section data are in reasonable agreement with measured 
chordwise load tistributfons for lift coefficients below a limLting value 
approximately equal to the maximum lift coefficient for the yawed inffnite- 
aspect-ratio wing and for Mach ntiers at which shock waves from the Wang- 
body juncture do not greatly influence the flow. For the configuration of 
the present report, these shock waves preclude the use of two-dimensional 

. data for Mach numbers greater than 0.85. 

2. md effects Umit to some extent the applicability of airfoil 
section data for sections in the immediate vicinity of the root and tipa. 

3. For xing LLft coefficients above the me&mum lift coefficient for 
the yawed infinite-aspect-ratio wing, a lateral flow in the boundary layer 
occurs, which relieves the tendency for the flow to separate and greatly 
increases the lifting capacity of the inboard sections. 

4. The distribution of 1-g along the span for the range of Mach 
numbers investigated may be predicted with good accuracy for lift coeffi- 
cients not exceedTug the nmx3m.m lift coefficient for the yawed infinite- 
aspect-ratio wing. 

Ames Aeronautical Laboratory 
National Advisory Ccmmittee for Aeronautics 

Moffett Field, Calif., Mar. 8, 1955 
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. 
APPENDMA 

CALCULATION aF EFFECT Cl? WING-BODY IBTEFQERENCE 

ON THE SPAN LOAD DISTRIBUTION 

The effect of the interference between the wing and body on the span 
load distribution May be calculated to a first approximation by treating 
independently the effect of the body on the wing loading by the method of 
reference 18, and the effect of the wing-body combination on the loading 
over the center section of the.wing by the method of Lennertz (ref. 19). 

The body is considered to be replaced by an infinitely long cylinder 
having a radius equal to the average body radius at the wing-body juncture. 
Increments of loading due to the upwash induced by the b-ody along the wing 

.- 

span are calculated by a modified Falkner method (see ref. 18). Values 
for these increments, which are additive to the loading coefficients for 
the wing alone, are shown in figure l2 where the loading increment is * 
represented by the term (Aczac)/(cav). The corresponding increment in 
wing lift-curve slope (B&,1 ia 0.0043 (from mechanical integration of 
fig. 12). 

. 

In calculating the loading over the portion of the wing covered by 
the body by the Method of Lennertz, a uniform distribution of lift across 
the apan is assumed. The ratio of the lift coefficients for the sections 
wi.thin the body czb to that for the uniformly loaded sections czu ie 

--- 

given (for the case of coplanar wing snd body axes) by the expression 

'lb -..-=I 1 

% 

- ;; tar? 
4(x - 02) Jq 

1+04 -2s -4(02 - lj21 1 ' 
-u I l-j 5 Q (a 

where the symbol u represents the ratio of the average body radius to 
the wing semispan. For the present model Q is approximately equal to 
0.0&L, and the ratio of lift coefficient at the wing center section 
(q = 0) became6 

'zb 
- = 0.900 
%l 
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The lift-curve slope of the wing corrected for interference effects 
is related to that for the wing alone by the relation 

OW ch +I 

K > 1 
=1-s 

SW + om43 

= 0.993 (A31 

where subscripts W and W+I designate, respectively, values for the wing 
alone and the wing-plus-interference effects. The right side of the above 
expression was obtafned by integration of equation (Al) over the region 
of the wing enclosed iu the bdy and the assumption of a uniform load over 
the remainder of the span. The value 0.0043 appearing in the denominator 
on the left side of the above expression is the increment of lift-curve 
slope due to the effect of the upwash of the body on the wing. 

The span load distribution corrected for interference effects may 
then be written in terms of the corresponding quantities for the w3ng 
alone as follows: 

WJ 
C-F 

( > 
CL %fi =zc 

( > 
( > Cav = 

%Cav 
+ 

CLFav W+I 
( > cb W+I 

W 
( > cr, W+I 

c2c %L 
~kcc 

( > 
= 0.900 OW =I= 

( > 
-+ ( > cav 

Wav W+I 
( > %L 

CLCav w 
W+I OW ch +I 

for q#O (A41 

for q=O (A5) 

For purposes of this analysis, the 10-g carried by the fuselage fore 
and aft of the wing-root region has been ignored. 
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APPEKDMB 

CATION CF EEYFECT OF ELASTIC! DEFORMATICN ON 

THESPANLOADDISTFUBUTION 

It is assumed that the wing is deformed by bending only (the tor- 
sional stiffness of the wing being relatively large), and that the ratio 
of bending moment to Moment of inertia of any wing section is nearu con- 
stant across the span. The deflection curve is then parabolic and the 
twist varies linearly across the span (see ref. 20). 

As showa fn reference 20, the change ti angle of attack of any stream- 
wise section due to the Hng 1oadFng is given by 

-M'y 4=~tanAf (=I 

where 
1 

B change in local angle of attack due to aeroelasticity 

M' bending mcment at any point on the flexural axis 

I moment of inertia of any section normal to the flexural axis 

E modulus of elasticity of wing material 

4 sweep angle of fleXt.lral axis 

Y spami-ise dis tame 
M' The -km EI (assumed 

section, gives 

where 

+* bendingmomentat 

Ir moment of inertia 

perpendicular to wing root section 

to be a constant), when calculated for the root 

M' 8r' 
$ qscg 

==EIr= EIrCOS Af @I 

root section . 

of root section 
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9 dynanic pressure 

S wing area 

F perpendicular distance frm xfng root section to spanwise center of 
loatig 

Substituting equation (B2) in (Bl) aud replacing $ and $ by q and ii 
gives 

E= 
EIrcos Af rl 

For the wing of the present investigation 

s =2.02 f-k2 
s = 1.667 ft 

E& = 25,100 lb-f-t2 (from static load tests) 
ij = 0.462 (from ref. U.) 

tan nf = 0.9657 
COB Af = 0.7193 

Thus equation (B3) becomes 

E 3-96 
CL= - mzi q-fl (deg> 

(B3) 

where q is in pounds per square foot. 

The effect of bending on the span load distribution of the wing 
(corrected for interference effects, Appendix A) may be determined by 
considering the change in loading due to elastic twist as a basic-type 
loading (ref.U) to be supertmposed on the additional loading for the 
rigidwing. Thus, 

(B5) 

whffe (cZbc)/(% cav) represents the basic load distribution per unit twist, 
and q the twist of tip section (1 = 1) mean line relative to wing root. 
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Subscripts E and R refer-to the elastic..and.r.gid wing values, respec- 
tively. Substitution for 4% from equation (B4) allows equation (B5) 
to be written 

=zc 
( > CLcav R 

3.96 -- 
1000 q w 

The temm (CzbC)/(~Cap) and [(czc)/(CBcav)]R may be obtained from ref- 
erence U for the particular wing plan form and assumed Q&s-t distribu- 
tion (wing-body interference effects neglected). Val.ues -of these para- 
meters for the present model are Usted in. the following table: 

0 1.045 -0.0168 1 + 0.0637 
.l 1.062 -.0155 1 + .0578 

t q/looo) 
C&OOO) 

:% ',::g -.0035 -.ol23 1 1 + + 00443 .ol22 h/low (q/1000> 
.6 l.ogo .0060 l- .m8 (q/ma) 
.8 l 925 .012g 1 " 00552 h/1000) 
095 954-C .ou5 l- a843 (q/1000> 

1.0 0 0 1 

The effect of elastic deformation on the ratio of wing-section angle of 
attack to body angle of attack at various Mach numbers and on the span 
load distribution at a Pllach number of 0.95 is shown in figure 13. 

The overall reduction in lift-curve slope due to bentig may be 
calculated in terms of the lift-curve slope of the rigid xIng, and the.. 
change in angle of attack of the root section due to twist. Thus, - 

@L)E = &JR (a - A4 
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or 

(%JE = @JR @ - %) 

21 

(B7) 

where 

a angle of attack of root-section mean lfne for elastic wing corres- 
ponding t0 (QE 

La zero-lift angle of attack of the root-section mean line for the twist 
distribution corresponding to ((2~)~ 

The hrn AZ is deter&n& by the Method of reference 11 in terms of 
root-section angle of attack per unit of txLst corresponding to the basic: 
type loading; that is, 

~=-eco% 

where a+, is the angle of attack of the root-section mean line per unit 
of twist and q is obtaFned fram equation (a). Hence, 

3.96 &=a, - 01ooo Q C& b -w ( > R 

or 

Substitution of this equEttion in equation (B7) gives 

where for the 45O swept wing c+, = 0.385 degree per degree (ref. LL). 
- -- 
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TABIZ I.- mDwcFTABuLmEDmssuREcomIc~ 

a range I 
I II 

III 
Iv 

I v 
VI 

VII 
VIII 

0.50 
l 70 :z 
J35 
-90 
-95 

-1.18O to 19.82' 
-1.2~~ to 15.16O 
-x&o to 13.15O 
-1.130 to 9.980 
-1.25O t0 1o.ogo 
-1.3oO to 9.150 
-1.27O to 9.19O 
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TABLE II.- E'RlZSsuRE C~ICIENTSATSMSPANWIS%STATI~S;M= 0.50 
(4 a = -l.BO to g&O 

- 

Q 
- 

0 

- 

0.2 

- 

3.51 

- 

MC 

- 

1.m 

- 

‘.93 

- 

per 
ciz - 
22 37.: 
47.7 g 
g:; . Loo.: 
g:; 
r47.t 
LI3.C 
- 
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14 
2.: 5 

; 
E 90 

--------- 
--07 -.03 

I I 
2 --OB -.04 

-.02 0 -sol 

-.-I2 -.90 --93 

:i$zz 2% 
-.n -.70 -.$x3 
3 -.a% -.a 

-.B -.&i 
_--_----- 
::g A$ -.k 

-39 
-.a -.aB -al 
-.17 -a -43 
-.og -a2 -.l4 
-.02 -.a4 -.04 

A2 -46 .p 
.17 -.lJ. -.* .06 -.oI ::% -&- -.% 

1:: --16 ::z -.I6 

I-II 

-.xL -.l7 -23 -.I0 -.oa ::g 1:s 
-Jo -J1 -.x2 ------^-- 
.oz 0 -.02 .03 .a? .ol -.a? .03 I 

------ 
524 4-Q 
-.20 
-.a 
-JB 12 
-..I7 -.I3 
-.a -.l3 
-.I3 -.I2 

--- 
.sc 
.a3 

501 

::g 
-.I0 

m-m 

?j 

.02 
-.03 
904 
-.03 -.Wl 

.a3 .oI 

.og .w 
-3h -12 90 

II 

I:2 1:; 
-.ll -.I 
-22 -22 
-.og -.07 
I$ -.Ol .03 

.03 
-03 

1% 

.--_------L------------------- 
.w -05 .06 .oa .07 -06 .a5 .04 .os -aI 

I-----*--_-_---_---_---------- 
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TABIE II.- PRFSSURE COEiFFICIENTS AT SIX SPAWISE STATIONS; M = 0.50 

- 

tl 

0 

0.20 

0.40 

0.60 

- 

0.80 

- 

0.93 

Per- 
& 

!!lOd 

5.5 
26.6 

F-’ 7.7 

6:: 
g:: 
2,’ 
21.3 
.47.a 
.78.0 

x lo 20 E 2 6 SQ - 

(b ) a = 10.50~ to ig .82O 

. . . c--. 

#pPmggq 

_ 



TABLE III.- PRESSURE C=CIEmTS AT SIX SPANWISE STATIONS; M = 0.70 
(a} a = -1.~~ to g.84O 

- 

rl 

- 

I 

- 

1.a 

- 

1-k 

- 

I& 

- 

r2.c 

- 

wz 

- 

- 

Per- 
calt 

ZJizd 

cfgpu mu-face 
~UtMItS.CLdM 

d..22ll.CK1t2~7t 3.2614.33l~.4616.3717&18.72;! 9-84 

32 o.oI 0-m 0 -o.oI -0.Q -0.03 -a.& -il.@ -0.07 -0.m 
.----_---------_______________ 
0 -4 -.cr -.cg -A3 -43 --lg -23 -.2-r -s! 
-.u? -.06 -.og -.I.3 -Ly -3 -.2s! -26 -a m.34 
--m -.03 -4 -*I5 -La 
II2 -2 y&3 -.lg -.I6 1:: :g IZ 1-g r:g 

- _ -a -.17 -.lg -.2j -a6 & --33 

‘-.06 --.oT --.la --.le --Tli --IG --IIT --Ii ---& ---& 

E:; 
Z-E 
E 

too:2 
uo.9 

g2 
170.0 

0 
1-q 
2.5 
5 

10 
20 

E 

E 

6 

--_ 
-.2c -4 

-.1: 
-.a 
0 

-01 

7 

1:: 

2j 

-.I 
-.17 
-J..l 

w-m 

:: 
- 

1:s 
-.a 
.o: - 
.os 

I$$ 
-3 
-A 
::E 
-A 
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-.I? 

--_ 
-.m 
.d 

- 

0 :g .4 .a5 3 An -.l! r:g 1-5 -.I2 -III 
-a2 -a 

I 

-do -.E 
-.ar -.I< 
.----. 

.oE 
:% -0: 

:: -:5 
-.(P -.I1 

-A0 -.m -La? -.gb 
-l-PI -1.63 -lLf5 -1.12 
-1.31 -1.06 -.g3 -.g3 

-.I7 -.I4 -.* -*y6 
-- __________, 

-:g 12 -.lo -.p 
-.a -42 

-37 -l.cu --* 
::g -.37 
2 
-23 
-.l6 
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.a 

-2 
-a 
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-.I( 
-4 
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2 
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-a7 
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Le 
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TABLE III.- PRESSURE COEFFICIENTS AT SIX SPABMISE STATIONS; M = 0.70 
(b 1 a = lo.glO to 15.~6~ 

- 

0 

- 

0.: 

- 

0.1 

- 

0.1 

- 

0.t 

- 

0.5 

- 

2.r 4.09 -cLlC 

;:: 
-:f$ --Ii 
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A0 I:43 
-.37 -.39 
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1o:g 
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_r-m-- 
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-.I2 -.u 

.7a:o ::g 1:: 
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E 

ii 
9Q -.a? -.ce 
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9 -89 -&A? 
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g _----- 
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-.f6! -.67 
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-.%I -.hSl Aa :ig -.si ::g 
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I I 
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!ll!ABLF: m.- PR%SSUR% C!OZFFlcIwTS~ SMSPANWISE sI1ATIONS; M= 0.75 
(4 a = -1.24' to 8.81’ 

0 

0 
12 
2.5 
5 

lo 
20 

E 

z 

6 
go 

o-02 0 -0.02 -0A3 -0.03 4.03 -0.04 -0.04 -0.05 
__--_---------------- -- -- 
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-.W -.13 
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-.l6 -a? -28 -.31 -.35 40 44 4-A -A8 
-.17 -22 -27 -.p -.fi -.36 -.g -.41 -.43 
-.14 -.I8 -22 
-.W -.lI -.P -22 -.23 
-.04 -.05 -Ag -.I0 -.I0 -.I2 -23 -.L4 

.m .Ol -Al -Al -A2 -A2 -A3 504 -A3 
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.--------------_--_-------- 
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TABLE IV.- PRFSSURE COEFFICIENTS AT SIX SPANWISE STATICWS; M = 0.75 
(b) OL = 9.920 to 13.15O 

----------- 
D -.og -.I7 -.17 

.Ol .02 .03 .04 
-.a? -.03 -.oe -.ol 
-03 -.wi -.os -.04 
-m--m*----- 
_-~~-~~~-~~ 

-.14 -.l4 -.ly -.l5 

. 



31 

WLE v.- PRESSURE COEFFICIENTS AT SIX SPANWISE STATIONS; M = 0.80 
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-.60 
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-.Z 
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-91 -.24 -.a -.p -.* 
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-.og -93 ::!j -ftH- -.& -l.u -1.38 
"z -=-la 458 -235 -1.19 -1.1 -l.la 

-.44 -xl -.85 -1.m 1.10 
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-.l6t--:;I--:;I -.37/ w-411 -MI m.631 m.9~ 

.q -03 1 .oe 1 .a? 1 .a? 1 .a? 1 .a? 1 233 
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I:8 
I2 
~63 
-.86 
-Aa 
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-.w 

-:E -3 
-.47 
-.JT 
-3 
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-.23 
-.I6 

. - -p 

-53 -.a -09 .I8 a5 .P 
-43 -.08 0 Jm .I4 .2a 94 A-7 .p 2.3 

-.2l -.L3 -.w 0 -05 20 .I2 .I6 -.i4 -19 -23 -.I0 -.9 0 .os .07 A.0 .I2 2 
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-.I6 -.l3 -20 -.0-i -.g -.a! 0 
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-.cq -.ag -.06 -.cq -.q -.Ol 0 
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-.sS 
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.-- 
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-.27 
-29 
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-3 -.I0 -.* 5z 
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-29 -.2l 
-.14 
-x9 
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I:$ -.63 

1 

::zf 
IS -.L2 -.a6 -.a? 

-.P 
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-.63 
-.63 
-.43 
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-.b3 
-.15 
-.I2 - 
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TABLE vI.- PRESSURE COEFFICIENTS AT SIX SPANWISE STATIONS; M = 0.85 

- 

P 
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I.6 
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_ _ - - _ 
-.2s -20 -.P 
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-.46 -.x1 

--:4; --.49 --,, 
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-.u -al -.a9 
-.c6 4% -.m 
-.03 -.04 -04 

._-__- 
-.og -.13 
-.13 -.1-f 
-.I8 -.23 
-33 -.2y 
-a? -.27 

.--__- 
-.I8 -&?I. 

.____- 

1:: -.I0 -.06 
-.03 -.a4 

___-_. 
-.I3 -.a 
-.m -.2! 
-26 -.P 
-.2g -. 3 
-.a -.?i 
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-.23 -.m 
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1.2: 
2.5 
5 

ki 

E 

5 

6 
go 
- 
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1.2: 
2.5 
!s 

10 
20 

E 

E 

6 

- - . 

--m 

:p”; 

-.if 

-06 

.24 
-32 -:g 

-.41 -.sl 
.-mm-- 
-.34 -.40 
,____- 

::;7 1.2 
-.ln -:l3 
-.a4 -.c6 

.a? .Ol 

-.&I -.63 -.-I0 
-l.go -1.c -1.24 
4% -1.41 -1.23 
-l.M -1.3 -1.24 
-1.38 -1.9 -1.20 
_____-_-_ 
-.el -.m -1.01 

__---_-._ 
-Al -.&? -.86 

::E ::g ::g 
-.0-f -.06 -.04 
0 0 .ol 

-.L? -.2-i 
-1.12 -1.2s 
-1.15 -1.31 
-1.4 -1.22 
-.6g -1.q 

--.4; --:a; 

‘--& --.2a 
-.21 -.x1 

I:% I:2 
-01 .Ol 

.____- 

I--_-- 

-.33 0 
1:s -.04 

-.oj 
-.2g -a4 

::g 1::; 
,____- 
-91 -.I2 

::2 -.a2 -*OS 
0 .03 

-__._. 
---we. 

.37 .c 

.28 

.I9 ::i 
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.I2 
-0.7 

-03 -01 
-mm-m. 
-.a? 0 
0 .Ol 

.Ol a 

.03 .04 

-.s, -Al 

-.37 
-1.27 
-1.24 

.__-_. 
,__-_. 
-.P .ol 

::: --q -.ti 
-.28 -.I! 

:3 --15 -.l6 
-.a2 -.14 
-.13 -.os 
-.cq -.a 

____. 

i 

.a? .04 

Z$ -o- - 
-.o: 

::," ::g 
-.26 -A 
-2 -.$ 

-.ll ::a 
__-_. 

,-Mm-. 
.04 .m 

12 *WI 
-.17 

-:g 
-.2l 
-.27 

-.I.0 -.24 
-.14 -.23 
-.lE -.24 
47 -.23 
-.I5 -.20 
-.u -.l5 

.____- 
-.a? -.@ 

.ce .a! 

.4D .4 
-.ol 
-.c6 ::g 

.--mm- 
-3 -.23 

.----- 
-.ti -22 
-*IA -.1g 
-a? -.I4 
-;g -4 

.Ol 
.04 8% 

-:E 
-47 

-.3e 
-.a3 -.25 
46 -.25 

-:z --= 
-.l4 :::; 
-.og -.09 
-.ol 0 

.03 .04 

.c5 .07 

-_. 
.21 
.12 
.o! 

-.04 
-A@ 
-09 

::z 
-.a? 

If f k 

1::: 
-23 
-.17 

-mm 
-.03 

1 .Ol 
- 

-1.iy 
-1.L 

I$ 
-39 

__. 
.oJl L 

_ _ . 
.l6 
.ol 

-2 -.ce 
1:: 
-.g - _ _ 

mm- 
.ti 

.----- 
-35 -.33 
-39 -.33 
-.40 -.* 

::$g ::g 
-36 -3 

-.26 
-.2l 
-.13 
-.c% I 

-.'b! -.27 

--60 3 
::g! 

::g 1 $$ I:% 
-33 

-&?I -&I 
-20 -23 
-.I6 -.21 

_-. -__ 
-03 

1:; 
-*lb 

~-12 

.a3 

.0-l 

-mm 

___ 

-2 

-.I3 

-.I4 
-__ 
-al 
-.03 

.Ol 

.04 

---mm. 
mm__-. 

-14 *If 
-.ol .O! 
-2 -.a 

-.ll 
a-_-m. 
-.q -.q 
-.02 -.O! 

1% O .a 

-.24 ~24 
-.17 -*la 
-.I0 -.u 
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TABJS VII.- PFtESSLJREC~IC-ATSIXSPANWISE STATIONS; M = 0.90 

-r L 

Par- bv--- 
rtala otattack,den 
3. 4. 5. . 6 ~61 8.~1 9.1, 

‘I 
.1.30/ 1.16 12.9 

0.04I 0.03 10-a .---m--m. 
-2 ::z -2 
I:$ 1.2 ::i 
-.I3 -:I9 -s: 
.--- --__. 
-.I2 -.lg -.2t 
._------~ 
-.a4 -.q -.q 
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-.03 
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-.ol -Al 
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2.3 
5 
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20 

E 

zi 

E 
93 

.k? .46 .k 

.13 -.I6 -.3 
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-.13 -20 -.23 
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20 

E 

2 
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90 
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t 
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--- -- 
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-.ol .Ol .(P -03 .O¶ -03 
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-.32 0 .l! 
-.31 -.07 *CA 
439 -.Y -.q 
-28 -.14 -.q 

---- ---. 
-a -.13 -.a! 
-.I2 -.0-r -.c!I 
-.q -.oe -.Ol 

-.ol -.Ol -.ce 
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2 -:z -:% 

-.cQ -23 -A@ 
-13; - 1; - 11; 
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-.26 -.U -.q 
-.25 -.14 -.Og 
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-_----_- 

--_------ 
.26 -33 .n 

-l' :z: -27 *lo 20 
-03 .a3 .I2 

-.Ol -03 s-7 
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-.q -.Ol .m 

------_-- 
--------- 

.05 .a6 .ca 

--_----- 
-.lO -.2g -.33 

-___ 
-X -A3 -.2a 

I:2 --20 --22 -.K -.I3 
-.w -.a? -.g 
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L& 
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-.c6 -.ll -.I4 

-01 -.m -.07 

-.* -.74 -A -.A7 
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-.I4 -.ll -.34 -.4y 
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TABLE VIII.- PRESSURE COEF'FICIERTS AT SIX SPANWISE STATIONS; M = 0.95 

Lmer Nrrsce 
e oi at d 
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-.I.2 

.47 

.14 

2 
-.a? 
-.09 

. - m 

1:;: 
-.27 
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.--_ 

12 
I .a? 
i -.02 

-.ab 

28 .34 .41 
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1.20 
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-.E 
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-26 -.g-r -1.06 -1.13 
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-.53 

::E 
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A-16440 

Figure 2.- Model mounted in the Ames 16-foot high-speed wind tunnel. 
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